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NATIONAL AERONAUTICS AND SPACE ADMINISTRATION 


TECHNICAL MEMORANDUM X-387 


EXPERIMENTAL PERFORMANCE OF A HYDROGEN-FLUORINE ROCKET 

ENGINE AT SEVERAL CHAMBER PRESSURES AND EXHAUST- 

NOZZLE EXPANSION AREA RATIOS* 

By William L. Jones, Carl A. Aukerman, 
and John W. Gibb 


SUMMARY 

The performance of a nominal- 5000-pound- thrust liquid-hydrogen - 
liquid- fluorine rocket engine was evaluated over a range of mixtures 
from 6 to 20 percent fuel at chamber pressures from 60 to 725 pounds per 
square inch absolute with exhaust-nozzle area ratios of 3.7, 25, and 100. 
Performance efficiency near the theoretical maximum (97 percent) and 
stable operation were obtained over the entire chamber-pressure range at 
mixtures of 10 to 20 percent fuel. 

Performance deficiencies were encountered at mixtures below 10 per- 
cent fuel ; they were due in part to reduced characteristic velocity and 
in part to reduced thrust coefficient. The reductions in thrust coeffi- 
cient were believed to be due to chemical recombination changes in the 
exhaust nozzle, while reduced characteristic velocity was due to combus- 
tion inefficiencies associated with the injector. 

The use of rocket ejector devices for altitude simulation was suc- 
cessfully demonstrated in the full-flow operation of the high-area- ratio 
exhaust nozzles. 


INTRODUCTION 

Analytical studies Indicate that high-energy rocket propellants of- 
fer attractive advantages in mission capability over conventional rocket 
propellants, expecially for upper-atmosphere and space explorations 
(ref. l) . The propellant combination of hydrogen and fluorine theoreti- 
cally offers the highest energy potential of all stable chemical rocket 
propellants. In addition to possessing the highest energy potential, 
this combination has the advantage over the other promising high-energy 
combination, hydrogen and oxygen, of requiring a low percentage of 
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hydrogen in the propellant. Reduced hydrogen requirements make possible 
reduced tankage volume and veight. The main disadvantage of fluorine is 
associated with its extreme reactivity, corrosivity, and toxicity. 
Nevertheless it has been successfully handled in a number of experimen- 
tal rocket systems, and satisfactory material and procedure requirements 
have been established. 

The results of an experimental investigation of performance of a 
hydrogen- fluorine rocket engine at a chamber pressure of 300 pounds per 
square inch absolute and an area ratio of 3.7 are reported in reference 
2. This investigation, conducted at the Lewis Research Center, demon- 
strated the feasibility of a liquid-hydrogen regeneratively cooled roc- 
ket engine and the high performance that can be obtained. 

For upper-stage and space vehicles using hydrogen and fluorine, 
pressurized propellant systems rather than pumped systems are currently 
receiving favor in the interest of overall system simplicity. This con- 
sideration in turn leads to the desirability of low rocket chamber pres- 
sures for low-weight tankage and propellant systems. Also of interest 
for upper-stage and space vehicles are large-expansion-area- ratio ex- 
haust nozzles to take advantage of the potentially high specific impulse. 
The present investigation was conducted at the Lewis Research Center to 
determine performance characteristics of a hydrogen- fluorine thrust 
chamber at low chamber pressures and high area ratios. A range of cham- 
ber pressures from 60 to 150 pounds per square inch absolute was inves- 
tigated with a 3.7 exhaust-nozzle area ratio; exhaust-nozzle area ratios 
of 3.7 and 25 were investigated at chamber pressures from 200 to 365 
pounds per square inch absolute; and a single test was made with a 100 
area ratio exhaust nozzle at a chamber pressure of 725 pounds per square 
inch absolute. Facility limitations prevented obtaining low-chamber- 
pressure performance with the high-area- ratio exhaust nozzles. 

The same basic regeneratively cooled thrust chamber used in refer- 
ence 2 was used in this investigation; a minor modification provided for 
increasing the exhaust-nozzle area ratio. The nominal thrust rating for 
this chamber was 5000 pounds at a chamber pressure of 300 pounds per 
square inch absolute exhausting to a sea-level atmosphere. A sea-level 
test facility was used for the investigation. In order to provide full 
nozzle flow with the high- area-ratio exhaust nozzle at moderate chamber 
pressures, a zero-flow ejector or exhaust diffuser device was used to 
reduce the ambient pressure surrounding the nozzle exit. This device 
utilizes the kinetic energy of the rocket exhaust to create a low- 
pressure environment surrounding the engine exhaust nozzle. 

The symbols used throughout this report, and the methods of calcu- 
lation of the results are given in appendixes A and B, respectively. 
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APPARATUS 

Facility 

The main components of the facility are shown in figure 1. In the 
schematic drawing the engine and ejector are depicted in relation to the 
scrubber duct, which is used to remove toxic exhaust products and to re- 
duce the noise. The engine, thrust stand, propellant system, and con- 
' trol room are housed in the building shown on the left in the photograph. 
Recording instrumentation was located in another building. 


Propellant Supply System 

Oxidant system . - The fluorine propellant system is shown schemati- 
cally in figure 2. Liquid nitrogen contained in an open Dewar tank and 
trough surrounded the fluorine tank, calibrated Venturi flowmeter, con- 
trol valve, and most of the piping. In this manner the fluorine was 
maintained in a liquid state and at a constant temperature equal to the 
normal boiling temperature of nitrogen. Liquid fluorine was desirable 
both to provide simplified flow control and measurement and to simulate 
actual vehicle conditions. Helium was used to pressurize the fluorine 
tank. 

Fuel system . - The liquid-hydrogen propellant system is also shown 
in figure 2. The entire fuel system was insulated with a plastic foam 
that reduced heat absorption sufficiently to provide a constant tempera- 
ture in the tank throughout the run. The tank then provided the best 
location for the hydrogen Venturi flowmeter, since the temperature and 
pressure, and therefore density, were constant. Gaseous hydrogen was 
used as the pressurizing and transfer medium. 


Engine 

Thrust chamber . - The basic chamber used for all runs described 
herein was designed to produce 5000 pounds of thrust at sea level when 
operated at a chamber pressure of 300 pounds per square inch absolute. 
Pertinent geometrical details are: 


Chamber characteristic length, L*, in 20. 4 

Chamber contraction area ratio 1. 89 

Throat area. At, sq in 12 

Nozzle divergent conical half-angle, a, deg 15 

Nozzle expansion area ratio, 3.68 


The chamber was regeneratively cooled with hydrogen through longi- 
tudinal passages of rectangular shape. The passages were formed by a 
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bundle of longitudinal channels with a ribbon wrapping over the outside. 

The coolant flow area was established by grinding the channel heights 
before wrapping to provide for 

(1) Local heat-transfer variation 

(2) Variation in coolant density from inlet to outlet 

(3) Optimum cooling for particular engine operating conditions 

Engines designed for 15, 10, and 5 percent fuel at a chamber pressure of 
300 pounds per square inch absolute and constructed from nickel were 
used to obtain the data discussed. Specific details of the design and 
construction of the engines are described in reference 2. The method 
used for cooling-passage design is discussed in reference 3. 

Nozzles of larger area ratio (25 and 100) were provided by attaching 
conical nozzle extensions to the basic chamber. These extensions were of 
a heat-sink design with an expansion half-angle of 15° and depended on a 
zirconium oxide coating for thermal protection. The length of each run 
was arbitrarily limited to approximately 15 seconds when these uncooled 
extensions were used. 

Injectors . - The three injectors used in this study are shown in 
figure 3. The designs included a showerhead, a triplet, and a converg- 
ing showerhead. The basic pattern or group for each injector was two » 

fuel holes adjacent to each oxidant hole, but additional fuel holes were 
added around the periphery of the pattern to provide a cooler, fuel-rich 
region near the chamber walls. The (nonconverging) showerhead and trip- 
let patterns (fig. 3(a)) had identical spacing and were on a flat face- 
plate. A much finer pattern was used for the converging showerhead 
(fig. 3(b)) with all holes directed perpendicular to a spherical injector 
face of 20- inch radius. The number of holes and total flow area for each 
injector are included in figure 3. 


Ejector 

With the two large-area- ratio nozzles, altitude simulation was re- 
quired to expand the exhaust gases in the nozzle fully. This was accom- 
plished by the use of zero-flow ejectors which utilize the kinetic energy 
of the exhaust jet to reduce the static pressure in the plane of the noz- 
zle exit. Both straight-tube and second- throat ejectors were success- 
fully used. No cooling or thermal protection was needed because of the 
short run duration. Information from reference 4 was used to design 
these ejectors, but installation considerations forced compromises, and 
the following configurations resulted: 
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Ejector type 

Rocket nozzle 
area ratio 

^e j/^t 

A ej/ A ejt 

L ej/I>ej 

Straight tube 

25 

28.0 

1.0 

9.8 

Second throat 

25 

28.0 

1.89 

7.05 

Second throat 

100 

i 

107.3 

2.19 

6.31 


The following is a schematic diagram of the engine and ejector 
installation: 



A flexible bellows seal joined the ejector and chamber to make possible 
force measurements. The calibration procedure and performance calcula- 
tion involving the bellows seal area are discussed later. 


Instrumentation 

Locations of all instrumentation are shown in figure 2. 

Thrust. - A strain-gage load cell was used for thrust measurement. 
The signal from the load cell was divided to record on a direct -reading 
strip chart and on a photographic oscillograph. Prior to each run the 
load cell was calibrated against a standard load cell. The calibration 
of the entire thrust system is described in appendix C. 

Pressure . - Absolute pressures and pressure differentials were 
measured with strain-gage- element primary transducers. The pickups were 
referenced to the atmosphere or a vacuum tank, depending on the range of 
interest. Signals from the transducers were recorded on direct-reading 
strip charts and photographic oscillographs. Static calibrations were 
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made before each run, and probable errors in recorded pressure were ap- 
proximately 1 percent. 

Temperature . - Liquid-hydrogen temperature (40° to 60° R) was meas- 
ured by carbon resistor elements. The gaseous -hydrogen temperatures (in 
the injector) were measured by copper-constantan thermocouples, refer- 
enced to boiling liquid nitrogen. Direct-reading strip charts were used 
for temperature recordings. 


Control 

A closed-loop control system was used to allow presetting of mix- 
ture ratios and chamber pressures. Mixture ratio was controlled by feed- 
ing the oxidant and fuel Venturi pres sure -differential signals to oppo- 
site ends of a potentiometer and feeding the output signal to the 
oxidant-control-valve servomotor. The resulting oxidant- valve movement 
varied until the potentiometer output was zero. Any desired mixture ra- 
tio could be set by proper adjustment of the potentiometer. Several mix- 
ture ratios could be included in a single run by switching different po- 
tentiometers into the circuit at timed intervals. 

Chamber pressure was controlled by comparing the chamber-pressure- 
transducer output to a predetermined value and feeding the resulting er- 
ror signal to the fuel-control valve. The resulting change in fuel flow 
caused the oxidant flow to change, for a constant mixture ratio, and the 
total-flow adjustment continued until the chamber-pressure-error signal 
was zero. Step changes or ramps of chamber pressure during a run could 
be made by mechanically or electrically changing the preset signal. A 
complete description and an analysis of this system are given in refer- 
ence 5. 


PROCEDURE 


Method of Operation 

Preparation of the facility for a test program started with thorough 
cleaning, passivating, and inerting of the fluorine system (ref. 2, p. 
17). Then, prior to each run, the thrust measurement system was cali- 
brated (appendix C). 


The probability of accumulation of explosive hydrogen-air mixtures 
in the ejector and scrubber required that the entire system be inerted 
with carbon dioxide; the oxygen content was monitored to obtain a con- 
centration of less than 3 percent prior to firing of the engine. A con- 
tinuous carbon dioxide spray during the run maintained a low oxygen level 
throughout the run. 
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The operation of the facility during a test run was completely 
automatic, including engine starting, operation, and shutdown and re- 
lated safety procedures- A series of timers sequenced the starting as 
follows : 

(1) Recording equipment on 

(2) Propellant- systems purge 

(3) Water and carbon dioxide sprays in the scrubber duct 

(4) Fuel flow lead 

(5) Oxidant flow 

The run conditions were controlled by the mixture-ratio and chamber- 
pressure control system described previously with variations programmed 
as desired- The shutdown procedure was the exact reverse of the start- 
ing. Fuel lead and override were necessary to ensure fuel-rich mixtures 
in the chamber and to provide adequate chamber-wall cooling. 

After each period of operation, any large amounts of excess fluorine 
remaining in the propellant tank were transferred back to the supply 
trailer; small quantities were disposed of by reaction with carbon using 
carbon burners (ref. 6) . Small amounts of residual hydrogen were allowed 
to boil off through a remotely located vent. 


Engine Starting and Stabilization 

A time history of the variation of chamber pressure, thrust, fuel 
flow, and oxidant flow during a typical run is shown in figure 4. The 
curves are faired through data taken from oscillograph traces. 

Because the propellant combination used is extremely hypergolic, no 
torch or spark ignition source was necessary. The typical start illus- 
trated in figure 4 included about 2 to 3 seconds for buildup and stabil- 
ization of the chamber pressure. A programmed step change in percent 
fuel is shown at 4.75 seconds followed by about 2 seconds for restabili- 
zation of chamber pressure. Following the stabilized portion of the run 
a ramp decrease in chamber pressure is illustrated. Ramps such as this 
were programmed to determine pressure ratios during ejector flow break- 
down and nozzle flow separation. 

The engine performance data reported herein were taken from stabil- 
ized portions of similar time plots. 
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Scope 


The range of test conditions investigated with various engine con- 
figurations is summarized as follows: 


Chamber pressure, 
p c> 

lb/sq in. abs 

Percent by 
weight hydrogen 

Nozzle 
area ratio, 

e 

Injector type 

300 

6 to 20 

3.7 

Showerhead and triplet 

60 to 150 

6 and 10 

3.7 

Showerhead 

200 and 365 

6 to 10 

25 

Showerhead and triplet 

725 

9 

100 

Converging showerhead 


The choice of chamber pressure for each nozzle was dictated by ejec- 
tor requirements. The 3.7 area ratio nozzle was designed to flow full at 
a chamber pressure of 300 pounds per square inch absolute when operated at 
sea level. The use of a straight-tube ejector enabled test runs to be 
made down to a chamber pressure of 60 pounds per square inch absolute. 

The 25 area ratio nozzle required a pressure of 365 pounds per square inch 
absolute in the chamber to flow full using a straight-tube ejector, but 
needed only 200 pounds per square inch absolute with a second- throat ejec- 
tor. A second-throat ejector was also used with the 100 area ratio nozzle. 


^ The first series of test runs was conducted over a range of mix- 
tures from 6 to 20 percent fuel. Inasmuch as the performance increase 
above 10 percent fuel was small and of lesser interest for vehicle sys- 
tems using hydrogen because of weight and volume penalties imposed by 
the low- density fuel, the range of mixtures studied was narrowed to 6 to 
10 percent hydrogen in subsequent test runs. 


RESULTS 

The method of calculation of experimental and theoretical values 
and adjustments to the theoretical values is described in appendix B. 
Adjustments have been made throughout the report to values of both 
frozen- and shifting-equilibrium theoretical impulse for a 15° non- 
axial-flow component at the nozzle exit. These adjustments placed the 
theoretical and experimental data on the same basis inasmuch as all ex- 
perimental data were obtained with 15° conical exhaust nozzles. Both 
the experimental data and the corresponding theoretical data are pre- 
sented in table I. The basic recorded data are presented in table II. 
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Engine Performance 


Effect of mixture ratio . - The variations in c* and c* theo- 
retical equilibrium efficiency with percent fuel for all data obtained 
within a chamber-pressure range from 200 to 725 pounds per square inch 
absolute are shown in figure 5. Theoretical equilibrium lines calcu- 
lated for chamber pressures of 300 and 725 pounds per square inch abso- 
lute along with the experimental data are included in figure 5(a). Ef- 
ficiencies of 97 percent of theoretical equilibrium were obtained with 
mixtures from about 12 to 20 percent fuel (fig- 5(b)). A drop in c* 
efficiency from 97 percent to about 94 percent was indicated for the 
present investigation as the percent fuel was reduced from 12 to 6 per- 
cent. The experimental data included from reference 2 indicate lower 
c* values than the present investigation for mixture ratios correspond- 
ing to 10 percent fuel and lower. 

The variation of the vacuum thrust coefficient Cp and Cp theo- 
retical equilibrium efficiency with percent fuel is shown in figure 6. 
Data are shown in figure 6(a) for the two nozzle area ratios of the pres- 
ent investigation and for the 3.7 nozzle from reference 2. The corre- 
sponding theoretical equilibrium and frozen data are included. The data 
from reference 2 for the 3.7 area ratio nozzle indicated equilibrium Cp 
values throughout the mixture range , while C F values for the 25 area 
ratio nozzle of the present investigation indicate a decided reduction 
in Gp at mixtures below about 10 percent fuel. The single data point 
at the 100 area ratio and about 9 percent fuel fell on the theoretical 
equilibrium line. 

The Cp efficiencies for all three nozzle area ratios are shown in 
figure 6(b). Data from the present investigation indicate a drop in Cp 
efficiency to about 95 percent as the percent fuel was reduced to about 
6. At mixtures above 10 percent fuel values of Cp higher than theo- 
retical may have resulted from the assumptions made in obtaining and us- 
ing nozzle-inlet pressure in the calculation of Cp (see appendix B). 

Vacuum specific impulse and theoretical equilibrium impulse effi- 
ciency are presented in figure 7 as a function of percent fuel. Data 
from the present investigation as well as from reference 2 are included. 
The theoretical equilibrium and frozen data corresponding to the three 
nozzle area ratios are included in figure 7(a) for comparison. Both the 
25 area ratio data of the present investigation and the 3.7 area ratio 
data of reference 2 show the same decreasing impulse toward the theoret- 
ical frozen performance line as the percent fuel was reduced from about 
12 to 6. The vacuum specific impulse efficiency is presented as a func- 
tion of percent fuel in figure 7(b). About 98 percent efficiency is 
shown for mixtures between 11 and 20 percent fuel. At mixtures of about 
6 percent fuel the impulse efficiency decreased to about 91 percent. 

The single data point obtained with the 100 area ratio exhaust nozzle at 
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about 9 percent fuel and a chamber pressure of 725 pounds per square 
inch absolute coincided with the theoretical equilibrium value. The 
fact that the performance was slightly higher for this run than for runs 
with the 3.7 and 25 area ratio nozzles may have been due to the use of a 
different injector type, which incorporated a converging jet showerhead 
(fig. 3(b)) that contained about two times as many oxidant holes as the 
injectors used with the other exhaust -nozzle area ratios. 

Effect of chamber-pressure variation . - Inasmuch as the present in- 
vestigation was conducted in a sea-level test facility, it was not pos- 
sible to obtain performance at low values of chamber pressure, while 
maintaining full nozzle flow, for either the 25 or 100 exhaust-nozzle 
area ratio configurations. Therefore the investigation at low values of 
chamber pressure (60 to 150 lb/sq in. abs) was conducted with the 3.7 
area ratio nozzle only. By use of the zero-flow ejector it was possible 
to operate with the 3.7 area ratio nozzle flowing full down to the mini- 
mum chamber pressure of the investigation (from 150 to 60 lb/sq in. abs)- 
The chamber and injector conf igurations were the same as those used for 
the investigation of reference 2. 

The effects of chamber-pressure variation on the c* performance 
for 10 percent fuel are shown in figure 8. The increase in c* and c* 
efficiency obtained with decreasing chamber pressure may be the result 
of better propellant vaporization. References 7 and 8 show that better 
propellant vaporization in the rocket chamber can result if the differ- 
ence between the two propellant injection velocities is increased. Cal- 
culation of the propellant injection velocities indicated that a AV , 

Vfi2 “ Vp 2 , increase of about 40 percent resulted as the chamber pressure 

was reduced from 365 to 60 pounds per square inch absolute. This in- 
crease in AV at the low chamber pressures was primarily due to in- 
creased hydrogen injection velocity resulting from lower hydrogen den- 
sity at the lower pressures and higher injection temperatures associated 
with the higher coolant temperatures . 

The effect of variation in chamber pressure on the vacuum specific 
impulse for 10 percent fuel is presented in figure 9. The trend of the 
data toward higher impulse performance at the lower values of chamber 
pressure is believed to be a primary result of the improved c* effi- 
ciency previously discussed (fig. 8) . 

Effect of exhaust-nozzle area ratio . - The variation of vacuum spe- 
cific impulse with exhaust-nozzle area ratio is illustrated in figure 
10. The data for this illustration were taken from figure 7(a) for val- 
ues of nozzle area ratio of 3.7, 25, and 100. Curves of theoretical 
equilibrium and frozen flow are included for comparison. Experimental 
values were very near the theoretical equilibrium values for all nozzle 
area ratios . 
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Exhaust-nozzle performance . - The ratio of rocket chamber pressure 
to nozzle vail pressure at several stations throughout the 25 area ratio 
exhaust nozzle for three values of percent fuel is shown in figure 11. 

Two equilibrium-expansion- flow lines and one frozen- expans ion- flow line 
are included for comparison. The pressures throughout the nozzle were 
generally very near the equilibrium values. At the larger values of 
area ratio an effect of variation in percent fuel is apparent. As per- 
cent fuel is decreased the chamber- to nozzle-pressure ratio increases 
toward the frozen-flow curve. 

Figure 12 presents the exhaust-nozzle pressure ratio for the 25 
area ratio exhaust nozzle as a function of percent fuel. Curves for 
both theoretical-frozen and equilibrium nozzle-expansion performance 
are included for comparison. The experimental data show a trend away 
from the equilibrium and toward the frozen performance line as mixture 
ratio is reduced below about 10 percent fuel. This trend toward the 
frozen performance is similar to the trend in Cp (fig. 6). 

Regenerative Cooling Characteristics 

Except for the uncooled nozzle extensions used in the 25 and the 
100 nozzle area ratio tests the entire, thrust chamber was regeneratively 
cooled with the liquid- hydrogen fuel. The fuel entered the chamber at 
the downstream end and traveled through the rectangular- shaped cooling 
passages into the injector. As noted in the sections APPARATUS and 
PROCEDURE, chambers having different cooling-passage designs based on 
operation at mixtures of 5, 10, and 15 percent fuel were used for the 
investigation. Coolant temperature rise obtained over a range of cham- 
ber pressures and percent fuels is illustrated in figure 13. The exper- 
imental data are distinguished only as low- chamber-pressure (60 to 200 
Ib/sq in. abs) or high- chamber-pressure (300 to 725 Ib/sq in. abs) data. 
Two calculated theoretical lines are shown based on a chamber pressure 
of 300 pounds per square inch absolute with 10 percent fuel assuming (l) 
100 percent c* efficiency and (2) the experimental c* efficiency. 

A third calculated theoretical curve is also included based on a cham- 
ber pressure of 60 pounds per square inch absolute, 10 percent fuel, and 
100 percent c* efficiency. These curves were calculated using the 
method given in reference 3. No distinction is made in the experimental 
data between chambers having different cooling-passage designs, since no 
particular trend was evident; nevertheless, the operating metal tempera- 
tures of the cooling passages would be affected by the passage design. 

The significant result illustrated by the data in this figure is 
the close agreement in trend of the experimental and the calculated cool- 
ant temperature rise. Some trend toward higher values of AT is indi- 
cated by both the experimental and the calculated data at low chamber 
pressure. 
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DISCUSSION 


Although very high vacuum-specific-impulse performance was obtained 
at mixture ratios corresponding to 10 percent fuel and higher, consider- 
ably reduced performance occurred at lower values of percent fuel. The 
reduced impulse performance was found to be the same for the present in- 
vestigation as for the investigation of reference 2; however, the in- 
dividual parameters for c* and Cp of this investigation are not in 
agreement with those in reference 2. The additional data obtained from ti- 
the present investigation result in a change in fairing of both c* and c 

Cp efficiency curves at the lower values of percent fuel (figs. 5 and c 

6) . The fairing of the Cp efficiency curve herein is in agreement 
with the exhaust-nozzle pressure-ratio data (fig. 12). Inasmuch as noz- 
zle pressure ratio is directly related to Cp for a given mixture ratio 
and nozzle area ratio, the trend of this parameter with mixture ratio 
affords an independent check of the trend of Cp observed in the pres- 
ent investigation. 


Although both aerodynamic and chemical kinetic effects could cause 
deficiencies in Cp, it is unlikely that the aerodynamic characteristics 
would change perceptibly with changes in mixture ratio. The chemical 
kinetic effects of dissociation in the rocket chamber and recombination 
in the rocket exhaust nozzle, however, would be expected to be influ- 
enced by mixture ratio. 

The change in fairing of the c* curve was a result of utilizing 
more extensive data obtained at low percent fuel in the present investi- 
gation. This fairing of the c* efficiency curve also was required to 
satisfy the relation Ig c = c*Cp. 

From the results obtained in the present investigation the defi- 
ciency in impulse performance at mixture ratios corresponding to low 
percent fuel was due in part to combustion inefficiency associated 
with the injector and in part to chemical kinetic effects in the nozzle. 
Of the 7 to 8 percentage points of deficiency in impulse performance, 

the data herein indicate 4 to 4^ to be in Cp and 3 to 3^ in c*. 


Another result indicated by comparing data of reference 2 with data 
of the present investigation is the effect of nozzle area ratio. Figure 
7(b) shows data obtained with both 3.7 (ref. 2) and 25 nozzle area ra- 
tios. The experimental data shown in the figure indicate no effect of 
nozzle area on impulse efficiency. The single data point with the 100 
nozzle area ratio, although indicating a higher level of impulse perform- 
ance, has about the same Cp performance as the two other nozzles but a 
higher value of c* efficiency. 
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SUMMARY OF RESULTS 

The results obtained from an experimental investigation of the per- 
formance of a hydrogen, and fluorine rochet engine at several chamber 
pressures and exhaust-nozzle area ratios are summarized as follows: 

1. Performance values of 97 percent of the theoretical maximum were 
obtained for both specific impulse and characteristic velocity at cham- 
ber pressures of about 300 pounds per square inch absolute and mixtures 
from 12 to 20 percent fuel. 

2. Performance at chamber pressures of about 300 pounds per square 
inch absolute decreased as the percent fuel was reduced below 12. At 6 
percent fuel specific impulse was about 91 percent of the theoretical 
maximum, while characteristic velocity and thrust coefficient were down 
to 94 and 95 percent, respectively. The lower performance values at the 
lower percent fuel indicated research problem areas both in combustion 
efficiency and in exhaust-nozzle chemical recombination effects. 

3. Stable operation as well as high performance (near 100 percent) 
were obtained at the low chamber pressures (60 to 150 lb/sq in. abs). 

4. Nearly 100 percent of maximum theoretical performance was ob- 
tained with an exhaust-nozzle area ratio of 100 at 9 percent fuel and a 
chamber pressure of 725 pounds per square inch absolute. 

5. The experimental data indicate no effect of nozzle area ratio on 
impulse efficiency (experimental vacuum specific impulse/theoretical 
equilibrium vacuum specific impulse). 

6. An exhaust ejector was successfully used to provide altitude 
simulation for exhaust-nozzle area ratios up to 100. 


Lewis Research Center 

National Aeronautics and Space Administration 
Cleveland, Ohio, June 22, 1960 
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APPENDIX A 


A 

Cp 

c* 

D 

F 

gc 

I 

L 

L* 

m 

P 

AI 

V 


SYMBOLS 

area ; sq. in. 
thrust coefficient 
characteristic velocity; ft/sec 
diameter 
thrust; lb 

gravitational conversion factor; 32.2 
specific impulse; lb-sec/lb 
length; in. 


ft- lb mass 
(sec 2 ) (lb force) 


characteristic length; chamber volume/throat area; in. 
mass flow, w /g c 

absolute pressure; total unless otherwise indicated 
temperature change; °R 
velocity; ft/sec 

( wV )h 2 + ( wV )f 2 


resultant injection velocity; 


w TT + w~ 

H 2 f 2 


propellant weight flow, lb/sec 
half-angle of nozzle divergence 
nozzle expansion area ratio, A ex /At 
nozzle divergence correction factor, (l + cos a)/2 
Subscripts : 
a ambient 


flexible bellows seal joint 
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c combustion chamber 

ej ejector 

ejt ejector throat 

eq equilibrium theoretical 

ex nozzle exit 

fluorine or fluorine propellant system 
fr frozen theoretical 

hydrogen or hydrogen propellant system 
i injector 

m measured 

n nozzle entrance 

s static 

t nozzle throat 

vac vacuum 

x experimental 
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APPENDIX B 


PERFORMANCE CALCULATIONS 
Theoretical 

Theoretical performance data were taken from reference 9. Calcu- 
lations from reference 9 were Based on the following assumptions: per- 

fect gas law, frictionless flow, homogeneous mixing, adiabatic combus- 
tion at constant pressure (nozzle-inlet total pressure), isentropic ex- 
pansion, ambient pressure equal to zero, one -dimensional flow, adjust- 
ments to theoretical calculations corrected for a finite chamber con- 
traction area ratio, and a 15° half -angle exhaust nozzle. 

Characteristic velocity . - Characteristic velocity, based on 
nozzle-inlet total pressure, is. 


^c,n^t g c 

C* s* 1 


^n 


w 


Vacuum specific impulse . - The general rocket thrust equation 
with divergent exhaust flow is 

^ ~ ^ex^ex^ + (^ex “ ^a)^-ex 

When vacuum performance is desired, P a becomes zero and 

*vac = m ex^ex^ + ^ex^ex 

Since I * P/w, the theoretical vacuum impulse for an engine is 

T F V ac _ PexA-ex 

Ivac 38 : = : + : 


w 


w 


w 


(1) 

( 2 ) 

(3) 


■^vac ^ + 


^ex^ex 


w 


Theoretical calculations, being generalized, do not specify w but give 
values of I and c*. It is therefore convenient to express w in 
terms of c* in the preceding equation: 


I 


vac 


IA + 


c n eP 

g c P C 


ex 


(4) 
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Vacuum thrust coefficient . - Having defined vacuum thrust and 
vacuum impulse , the nozzle vacuum thrust coefficient Cj> becomes 


J F , vac ~ 


■ vac 


-*-vacSc 


A t P, 


c ,n 


'n 


(5) 


Experimental 


Chamber pressure . - Theoretical calculations are based on the 
total pressure of the combustion gases at the entrance to the nozzle 
Pc,nj "but in this program, it was more convenient to measure the pres- 
sure at the injector P c ^j_, where combustion gas velocity may be con- 
sidered negligible. The loss in total pressure between the two stations 
was that required to accelerate the gases to nozzle- inlet velocity in a 
constant-area chamber. The following equation is derived in reference 
10 (p. 17) assuming that pressures are radially uniform, flow is fric- 
tionless, and combustion is completed at the nozzle entrance: 


c,i 


• c ,n,x 



•^n§c ~ ^i 

+ cgtAc/At) 


( 6 ) 


Solving for P C;) n,x 


■ c,l 


■ c ,n,x 



^•n&c ~ 
=*(A„/A .) 


(7) 


Characteristic velocity . - The experimental characteristic veloc- 
ity was then based on this corrected nozzle-inlet total pressure using 
the equation 


* _ F c,n,x A tgc 

n > x " w 


( 8 ) 


Specific impulse . - A force balance on the engine and ejector 
system in the axial direction is required to determine vacuum thrust 
and impulse experimentally. 




The summation of all forces (see diagram above) gives 

F ra = m ex V ex A + P ex A ex + P ej( A b “ A p) " P a A b " P ej( A ex - A p) 

Using equation (3) for vacuum thrust and eliminating the term ®ex^ex^-’ 
the total vacuum thrust for the system is found to be 

p vac,x “ F m + A ex P ej + A b^ P a ” P ej) ^ 

where F m is thrust measured by the load cell, AexPej i- s v a- cu -um thrust 
addition, and Ab(P a - P e j) is bellows seal force. The experimental 
vacuum specific impulse is 


F vac , x 

I vac,x = ^ 


( 10 ) 


Vacuum thrust coefficient. - Vacuum thrust and nozzle-inlet total 


pressure were used to define vacuum thrust coefficient as follows: 

' V 


^FjVaCjX 38 p 


? I a 

vac jX _ vac^c 


c ,n 


• x^t 


(ID 


"n.x 


QC9 
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• APPENDIX C 


THRUST CALIBRATION 

The equation for total vacuum thrust, as derived in appendix B for 
this facility, is 

^Vac “ + ^b^a “ ^e j ) + ^ex^e j 

Each term in this equation is a variable and had to be included in the 
calibration procedure except the nozzle-exit area A e x and- the ambient 
pressure P a - The procedure for calibration of the thrust load cell and 
effective seal area was as follows: 

(1) The ejector tube was temporarily sealed at the exit. 

(2) An axial force was applied to the thrust stand by an air 
cylinder whose output was measured by a standard calibrating load cell. 
In this manner the primary thrust load cell was calibrated as the ap- 
plied force was increased to the maximum expected load. 

(3) While holding a constant force on the calibrating load cell, 
the ejector tube was evacuated, in step fashion, to approximately 0.2 
pound per square inch absolute. At each recorded pressure a different 
load on the primary thrust load cell was also recorded. The effective 
seal area was then calculated from the relation 

AF * Ab AP 

where AF is change in load cell output due to ejector evacuation, A 5 
is effective seal area, and AP is difference between evacuated ejector 
pressure and ambient. 

The ejector- and nozzle-pressure pickups were also calibrated dur- 
ing the evacuation process. For a complete calibration, the applied 
load was reduced in a series of steps at full vacuum and the entire pro- 
cedure was repeated in reverse. 

The probable accuracy of the total-thrust measurement was approxi- 
mately 1 percent. 
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Figure 3. - Concluded. Injectors for 5000-pound-thrust engine. 





(b) Percent of theoretical equilibrium. 
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Figure 11. - Effect of nozzle area ratio on nozzle pressure ratio. 
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Figure 12. - Effect of mixture ratio on nozzle pressure ratio. Area ratio, 25:1; chamber pressure 
365 pounds per square inch absolute. 
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Figure 13. - Effect of mixture ratio on coolant temperature rise for regeneratively cooled 

5000-pound-thrust rocket engine. Exhaust nozzle cooled to area ratio of 3. 7; theoretical 
curves for engine designed for operation at 10 percent fuel and chamber pressure of 300 
pounds per square inch absolute. 



